UNIT 3 EXPERIMENTS IN HIGH SPEED TUNNELS
NOZZLE AREA RATIOS:
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Mass flow rate of test section:
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The middle one of these three equations (the one derived from the momentum equation) is called Euler’s equation
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Mach number Estimation:
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Blowing and Running pressures:
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Starting problems and starting loads:
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Let’s consider a wind tunnel. The flow in it is not entircly one-dimensional. As the cross-section change
the flow also goes in the y and z-direction. However, if we assume that the cross-scetion changes only very
gradually, then these components arc small with respect to the a-direction. We would then approximately
have a one-dimensional flow: & so-called quasi-one-dimensional flow. In this flow all parametcrs p, p.
u and also A only depend on .

What equations hold for such a flow? From the general continuity, momentum and energy equation we
can derive that

prin Ay — pug g, (1
A
AL+ prufAy +/ pdA — paAs + paudAa, (12)
A.
2 2
[N (13)

There aren’t many surprises in the first and third of these equations. But in the middle one is an integral!
This is because the walls of the wind tunnel aren’t horizontal. They can thus also exert a pressure force
in a-direction on the flow
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OF course having an integral in an equation isw’t convenient. To prevent that, we simply consider
two points, with an infinitcly small distance dz between them. So we would then have pa — pi -+ dp.
p2 — p1 +dp, and so on. Filling this in, and working it all out, we would get

dp
o

—0, (1.4)

dp — —pudu, (1.5)
dh+u du — 0. (1.6)
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chapter We have encountered quas-one-dimensional flow earlicr,in our discussion of
incompressible flow through a duct in Sec. 3.3. Return to Sce. 3.3, and review the
concepts presented there before progressing further:

‘Alihough the assumption of quasi-one.dimensional flow is an approximation 0 the
actual flow in a variable-arca duet, the integral forms of the conservaion equations,
namely, continuity [Eq. (2.39)], momentum [Eq. (2.55)]. and cnergy (Eq. (2.86)),
can be used to obtain governing cquations for quasi-one-dimensional flow which arc
Dhysically consisent, s follows. Consider the control volume given in Fig. 10.5. At
Saton 1., the flow across area A, s assumed o be uniform with properties p. o1,
. Simitarly, at station 2, the flow across area A, is assumed to be uniform with
propertes py i . etc. The aplicaton of th inegral form of the continuiy equation
as made {0 such a variable-area control volume in Sec. 3.3, The resulting continuity
cquation fo steady, quasi-one-dimensional flow was obtained as Eq. (3.21), which in
{erms of the nomenclature in Fig. 10.5 yilds

s | wn
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Consider the integral form of the momentum equation, Eq. (2.55). For a sicady.
imviscid flow with o body forces, this cquation becomes

#(ﬂV‘dMV: '#pﬂs (10.2)

whete (pdS), denotes the x component of the pressure force. Since Fq. (10.3) is a
sealar equation, we must be careful abou the sign ofthe x componecnts when evaluating,
e surface integrals. All componets poiting totherightin Fig. 10.5 acc psitive, and
those pointing 1o the Ieft arc negative. The upper and lower surfaces of the control
volume in Fig. 10.5 are strcamlines: hence, V + dS = 0 sfong thesc surfoces. Also,
recall that across Ay, V and dS arc in opposite directions; bence, V +dS s ncgative
Thercfore, the integral on the feftof Eq. (10.3) hecomes —~pyuiA, + puciAy. The pres-
sure integral on th right of Eq. (10.2), evaluated aver he faces 4, and 4;ofthe control
volume, becomes —(~piA, + p:Ar). (The negative sign in front of A, is because dS.
over Ay points 10 the Ieft, which is the negative direction for the x components.)
Evalusted over he upper and lower surface of the control volue, the pressure integral
can be expressed a5
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‘where dA is simply the x component of the vector dS, that s, the area dS projected
o' plane perpendicular 1 (he  ai. The ncgative sign inid the incgclon the el
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pdn

i+ py) ¥ L

—puiAy + purihs =

pot it ¢ [ pan = i 4 paits )
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+ Measurement of static pressure, py using a wall pressure tap in the
test-section and measurement of pitot pressure poz at the test-section
axis above the static tap can be used through the Rayleigh pitot for-

mula,
2 -1\1/(r=1)
P (7+L1Mlz T :’ﬁ) :
Po2 (%1 Mlz) v/(v=1)

for accurate determination of the Mach number.
« Measurement of shock wave angle 8 from Schlieren »
and shadow-
graph photograph of flow past a wedge or cone of angle 6 can be
used to obtain the Mach number through the 6—g—M relation
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 the measured po/po1, determine the corresponding Mach
ber from the normal shock table for perfect gas.

m the chart of (poo/ Po1) thermpert/(Po2/ Pot)pert Versus M, deter-
e this ratio of pressure ratios at the above M and measured To-
'dé the e>.(perimenta] pressure ratio by the ratio determined
bove to obtain the corresponding value of ( Po2/ por)pert-

‘or the new (Poz/ Po1)pers, determine the corresponding M from the
erfect gas normal shock table.

f the Mach number obtained above is not equal to that used in
tep 2, enter the Mach number from step 4 in step 2 and repeat.
Vhen the two Mach numbers agree closely, the interpolation is

complete.
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N te that for accurate determunation of M we need pressure-Mach number
rts for the high-temperature (>500°C) regime. For this we should refer to
pooksspecializing in high-temperature gases. This method of determining the
“Mach number from measured pressure ratio is cumbersome and inaccurate.
-speed computer may be used for this purpose.
 Thefollowing facts about hypersonic tunnel operation are of high value for
entation with hypersonic tunnels. If the air in the settling chamber is
: m temperature, we can achieve a test-section Mach number of 5 without
liquefaction of air. But to avoid liquefaction of air as it expands to the test-
section conditions where the Mach number is 10, the stagnation temperature
(ie, the temperature in the settling chamber) should be approximately 1060
K Because of the limitation of heater capacity, the maximum Mach number
. fora continuous-flow wind tunnel using air as the test gas is approximately
 10.However, using better insulation and heater buildup methods, there are
 tunng Is operating at Mach numbers of 12 and even 14 with air as the test
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~ One of the major concerns in hypersonic tunnel operations is the combi-
* tation of maximum Mach number and minimum stagnation temperature for
ndensation-free flow can be generated. Daum and Gyarmathy(1968)
based on their experimental study of air condensation, that in a
- pidly expanding nozzle flow at low stream pressures (less than about
05 Hg), significant supercooling of the air can be achieved because the
condensation is due to the spontaneous condensation of nitrogen. At
pressures, an approximately constant experimental supercooling
about 22 K was obtained.
hieve higher Mach number flows, the stagnation temperature must be
S5 of 1060 K. The high-pressure—high—temperanue condition required
o onic tunnels can be generated in many ways. For example, use
10w conditions downstream of the reflected shock wave in a shock tube .
the reservoir conditions for a shock tunnel is one’ such means. But the
time for:such facilities is very short. The short runtime reduces
requirements and alleviates tunnel and model thermal-structural

e
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+ Tntermittent tunnels (blowdown OF indraft), which have rung
of a few seconds to several minutes- Ntimeg
+ Continuous tunnels, which can operate for hours (this is on]
Yy of

theoretical interest, because continuous hypersonic tunnels
operate). s

tremely expensive to build and
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The facilities with the shortest runtimes-have t‘h‘e higher stagnation tep.
peratures. Arc discharge or reflected shock waves ina §hock tut?e' are used to
generate the short-duration, high-temperature stagnation conditions.

The flow quality (including uniformity, noise, cleanliness, and steadiness)
inthetest-section canaffectthe results obtained in a ground-test program. Dis-
turbance modes in the hypersoni¢ tunnels include vorticity (turbulence fluc-

tuations), entropy fluctuations (temperature spottiness) that are traceable to

thesettling chamber, and pressure fluctuations (radiz ic noi
Thige dickubanon uy s y (radiated aerodynamic noise).




image24.png
Whae #0000 - .




image25.png
or
- TR 90 gives these values f
When the test-section My,

‘ h numpey i8 85, the stagnation temperé}mf:
fon pertectaix must be 77 3 However i 1 i established that the vibr
tional state jg excited beginning approx;

Mach number facilities, Vibratj

fonal ey qeon Y 3 770 K. Thugs, for the hlfr“
Ona] ey citass : . mbey,
followed by Vibrationa] freeziny EXCItatlon oceurs in the settling cha

do uent

i fion i of d subsequ
T L e
e ber. ;peryp ie ¢ flow g0 Maifests itself gs an et g
heaters haye exhibiteg ;S;:mc h““\els‘hea-ted bykcq'hvenﬁonal clean :ﬂ“

Using g 9¢h a5 1.5 percent ;l?tot

N sign s Te By Y Sing thve‘l'aﬁo Of freestream

u.ltmslgnmcan on thesy rela‘ively Small errors in Me¢
ibe TOndimen,

: Sionalized data if the/
TABLE 3.3




image26.png
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c temperature in the
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(w}dchare related t

ot the kinetic energy), because the speed of sound
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L
itot ressures are measur'ed t?y using a pitot probe. The pitot probe 15 SIMPX.

:ﬁbz ithablunt end facing into the airstreazn. The mbz wmp no\:xenlasllsy‘;\‘apv};
anmside-ttfo‘-“slde dlam.eter ratio of 0.5 to 0.75, and a length aligned with
e sirstream of 15 to 20 times the tube diameter. The inside diameter of the
e forms the pressure onﬁFe. For test-section calibration, a rake consisting
oa umber of pitot probes is usually employed. The pitot tube is simple to
construct and accurate to use. It should always have a squared-off entry and
the largest practical ratio of hole (inside) diameter to outside diameter-

P Lo ended tube facing into
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At this stage, it is important to note that an open-ended tube facing o

the airstream always measures the stagnation pressure (a term identical in
neaning to the “total head”) it sees. For flows with Mach number greater than
1,abow shock wave will be formed ahead of the pitot tube nose. Therefore,
the flow reaching the probe nose is not the actual freestream flow, but the flow
traversed by the bow shock at thenose. Thus, what the pitot probe measures is
ot the actual total pressure but the total pressure behind a normal shock (the
portion of the bow shock at the nose hole can be approximated to a normal
shock). This new value is called pitot pressure and in modern terminology

tefers to pressure measured by a pitot probe ina supersonic stream.
emeasured by & 5 E  easured by a pitot probe
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tefers to pressure measuréd by @ P E S

It is shown in Chapter 7 that the pressure measured by a pitot probe
is significantly influenced by very low Reynolds numbers based on probe
diameter. However, this effect is seldom a problem in supersonic tunnels
because a reasonable-size probe will usually have a Reynolds number well
above 500; the Reynolds numbers below this constitute the troublesome range

for pitot pressure measurements.
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Supersonic flow static pressure measurements are much more alrfiCuit Tt
the measurement of pitot and static pressures in a subsonic flow. The pri-
Imary problem in the use of static pressure probes at supersonic speeds is that
the probe will have a shock wave (either attached or detached shock) at its
Tose, causing a rise in static pressure. The flow passing through the oblique
shock at the nose will be Jecelerated. However, the flow will continue to be
i‘;}:ﬁ'ﬁoﬂic because all naturally occurring oblique shocks are weak shocks
Mlac:“Pel'SOmc flow on either side of them. The supersonic flow of reduced
of the““mber will be decelerated further, while passing over the nose-cone

he probe because decrease of streamtube area would decelerate & super-
Sonic stream, This progressively decelerating flow over the nose-cone would
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flow to be accelerated to the level of the u}'tdisturbed freestream Staﬁcm the
sure, in order to measure the correct stam? pressure of the flow, The Preg.
pressure hole should be located at the pomt.w'here the flow comes tstaﬁc
level of the freestream Mach number. Here, it is essential to note g, O the
flow deceleration process through the oblique shock at the probe nosat the
be made to be approximately isenh-opicifi?\

3

over the nose-cone portion can
flow turning angles through these compression waves is kept less t,
e e, W ot e tan 5

be expanded by the expansion fa
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- Kool e walls of supersonic tunnels are often used for o, h
esﬁi\t:gtc)g?fstsel;f:etzgt Mach numlfers. However, it should be noted thay the
wall pressures will not correspond to the pressures on the tunnel center Jine i
compression or expansion waves are present between the wall and the center
line. When the Mach number'is to be determined from static Ppressure meg.
surements, the total pressure of the stream is measured in the settling chambe;
simultaneously with the test-section static pressure. The Mach number isthen
calculated using isentropic relation.
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smsu;emé: ;;pmmded with variable secondsERE=FHE - SEES, CESigned
to decrease the pressure ratio required for tunnel operation. These diffusers
are designed to allow the setting of a cross-sectional area large enough fo,
starting the tunnel and to-allow the setting of a less cross-sectional are,

for more efficient tunnel operation. When used as designed, the variable
diffuser throat area is reduced to a predetermined area:as seon as the tunne|

starts.
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Consider the duct shown in Fig. 10.9. Assume that sonic flow exists at the throat,
where the area is A°. The Mach number and the velocity at the throat are denoted by
M* and u®, respectively. Since the flow is sonic at the throat, M* = | and u* = a*

(Note thatthe use of an asterisk to demote sonic conditions was introduced in Sce. 7.5
we continue this conveniion in our present discussion.) At any other section of this
duct, the arca, the Mach number, and the velocity are denoted by A, M, and u, re
spectivly, as shown in Fig. 10.9. Writing Eq. (10.1) between 4 and A%, we have





image37.png
Shleldmgthemodg]%
¥ Imemngﬂaemodelw =





image38.png
There are no published data available on starting loads in hypersonic tunnels.
from experience it has been found that at Mach 7 the starting loads are

notas severe as indicated for supersonic tunnels.
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(10.26)

Since u®

< (0.27)

where p i the stagnation density defined in Sec. 7.5 and is constant throughout an
isentropic flow. From Eq. (8.46), we have

EWERES

ey
Als. rom By, (8.43), we have -
w ot
() (10.29)
Al ecallin the defniion of A" in Sc. 8.4, 35 wel 35 . (.49, e have
PIPR (L 20177 74
P C AR U, 10.30
@ T+ [y - /20 (1020

Squaring Eq. (10.27) and substiuting Egs. (10.28) o (10.30), we obtain

G -Cree




image3.png
AL Ty - D2
oy + 22





image4.png
posible in an iscatropic low. This. in . (10.32), A/A® = 1. Also, Eq. (10.32)
yickds o solutions for M 3t given A/A® —a subsonic value and a supersonic
Which value of A that actually holds in  given case depernds on the pressures ot the
inlet and exit of the duct. as explained laer. The results for A/A* a5 a function of .
obained from Bq. (10.32), are tabulated in App. A. Examining App. A, we note that
forsubsonic values of A, as M increases, A/A* decreases; .. theduct converges, At
M= 1 A/A% = Lin App. A. Finaly, for supcrsonic valucs of M, as M increases,
AJA® increases: ... the duct diverges. These teends in App. A are consistent with our
Physical discussion of convergent.divergent ducts at the end of Sce. 10.2. Morcover.
App. A shows the double-valued naturc of M as s function of A/A. For example. for
AJA* =2, we have cither M = 0.3 or M = 2.2

Consider a given convergent-divergent nozzle, 15 skeiched in Fig. 10,101 Assume
that the aea ratio at the inlet, A/A*, is very large and that the flow at th inlct s fed
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from a lrge gas eeservoir where the gas is essentially sationary. The reservoir pressute
and temperature ate py and T, respeetively. Since A/A® is very large, the subsonic.
Mach number at the nlet i very small, Af = 0. Thus, the pressure and temperature at
h inlet are essentially py and T, tespectively. The area disribution of the nozzle,
A = A is specified, 50 that AJA® is known at every station along the nozzle. The
‘area of the throst s denoted by A, and the exitarea is denoted by A,. The Mach number
and staic pressure at the cxit are denoted by M, and p,, respectvely. Assume that we
have an isentropic expansion of the gas through this nozzle 10 a supersonic Mach
mumber M, = M, atthe ext (the eason for the subscript§ wil be apparent laicr). The.
corresponding exit pressure is p . For this expansion, the flow is sonic at the throat:
hence, M = | and A, = A* at the thoat. The flow properties through the nozzle are
a function of the local area ratio A/A* and arc obtaincd as follows:

1. The ol Mach mumber s 3 function of x is obtained from Eq. (10.32), or more.
dittly from the tabulaied values in App. A. For the specified A = AGx), we know
the corresponding A/A* = f(x). Then ead the related subsonic Mach numbers in
e converent portion of the noye from the fist part of App. A (for M < 1) and
the related supersonic Mach numbers in the divergent porion of the nozzke from
he sccond partof App. A (for M > 1). The Mach numbes disteibution though the
complete nozzle s thus obtained and s sketched in Fig. 10.105.

2. Once the Mach number distribution is known. then the corresponding variation of
temperature, pressure, and density can be found from Egs. (8.40), (8.42), and
(8.43), respectively, or more dircctly from App. A. The distibutions of p/py and
T/Ty are skeiched in Fig. 10.10c and d, respectively





